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FLIGHT INVESTIGATIONAT SUPERSONIC MACH IwMEERs

OF AN AUTOMNI’IC!ACCELERATION CONTROL MISSILE IN WHICH

RATiI DAMPING IS OBTAINED FROM A LINEAR ACCELEROMETER

PLACED AHEAD OF
,.

By Ernest C.
and

THE MISSHE CENTER OF GRAVI’i’Y

Seaberg, Royce H. Sproull,
H. J. E. Reid, Jr.

The kesults of a supersonic flight investigation of a roll-stabilized
acceleration control missile are presented herein. The Mach nunibervaria-
tion was 1.7 to 1.k for the results presented.

The maneuvers obtained during flight confirm satisfactory control
,system operation and the system is applicable to some present-day missiles
which utilize linear acceleration commands to reduce navigation errors.
The control elements used to achieve linear acceleration maneuvers in
flight are relatively simple. For example, the effect of integration is
obtained in the servo loop simply by conibiningthe servo components with
the proper passive resistive-capacitive circuit, and this integrattig
servo is cotiined with angular acceleration feedback to provide the equiv-
alent of angular rate feedback.

INTRODUCTION

This presentation is primarily concerned with the results of a
rocket-powered flight test of an automatic acceleration control missile.
The flight test results are compared with preflight simulation and previ-
ous analytical results. The analytical results are based on a study pre-
sented in reference 1 in which the dynamics of a rate gyroscope was incor-
porated in the inner feedback loop to provide additional damping. In the
results of reference 1, it was also suggested that with the use of an
integrating servo, angular rate damping au@nentation couldbe obtained

. from a linear accelerometer displaced ahead of the missile center of
gra@ty, thereby eliminating the need for a rate gyroscope. In refer-
ence 1, it was also shown that insufficient rate damping would be obtained
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2 NACA RM L5X29

with one accelerometer since the distance that it could be placed ahead
of the center of gravi~ was limited by the size of the missile. The
alternate method suggested was to use two accelerometers, one-placed
ahead of and one at the center of gravi@, and to stitract the acceler-
ometer signals before feeding them to the integrating servo. The use of
two accelerometerswas employed in the flight-test missile, thereby
making the angular rate feedback gain adjustment and the accelerometer
gain adjustment independent regardless’ofthe distance between the for-
ward accelerometer and the center of gravi~.

Linear acceleration control systems are particularly adapted to
homing or guided missiles since flight-path curvature in the proper
direction to reduce navigation.errors canbe at~inedby dictating
acceleration commands to the control system. The idea of rotating the
flight-path vector towards a target through the application of linear
acceleration commands is not new and is employed in service missiles
like the Nike (a description of the Nike control system canbe found In
ref. 2). However, the control system flight tested herein is character-
ized by its simplicity since it eliminates the rate gyroscope and uti-
lizes a pneumatic servo system activatedby a ~ of electronic
components.

The flight-test vehicle used is an all-metal research model of the
canard missile type. Physical details of this model are given in refer-
ence 3 which discusses the results of a previous flight test conducted
for the purpose of obtaining aerodynamic stability derivatives.

.

SYMBOLS

a-t transverse

a% transverse

acceleration, g

acceleration forc~s sense$i,bya linear accelerometer

located ahead of the e.g. ~t + Kz~~) g

* yaw attitude angle, deg .

~ bank angle, deg

$ sideslip angle,

5 vertical canard

bf vol&ge related

deg “

deflection, deg
.

to 5 by the dynamics and gain in the servo—
feedback loop, volts

bi input signal to servo system, volts .

. :].;~$~

.
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“error signal, %i - at.~ volts

gain constant of servo feedback potentiometer, volts/deg

static gain of nose accelerometer, volts/g

conversion factor between angular acceleration and its
tangential component, g/deg/sec2

forward control loop gain constant, volts/g

e.g. accelerometer gain constant

differential operator, d/dt

time constant, sec

time, sec

~ frequency, radians/see

32.2 ft/sec2

mean aerodynamic chord, ft

static lmrgin, ft

Mach nuuiber

moment of inertia in

moment of inertia h

moment of inertia in

Dot over a symbol denotes

Subscripts:

o output

i input

roll, slug-ft2

pitch, slug-ft2

yaw, Slug-ftz

the derivatives

.

3

with respect to the.
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Abbreviations:‘
.

db decibels

NACA RM L55G29

C“g” center of gravi~

C“P* ‘ center of pressurd
.

RC resistive-capacitive

Dc direct current

“ACCELEWTION CONTROL SYSTEM

complete system

The general arrangement of the block diagram which completely repre-
sents the acceleration control for the purpose of analysis is shown in
figure l(a). This block diagram maybe simplifiedby neglecting the
accelerometer dynamics as shown in figure l(b), where the correspondence
between figure l(a) and figure l(b) is maintainedby equating the forward
loop gain constant K& (fig. l(b)) to the feedback gains of figure l(a)
in accordance with the relation:

Figure 2 is a block diagram which includes the servo signal schemtic
and also il.lustratisthe servomotor dynsnic components.

System Components

Servo system.- A photograph of the servomotor, includhg the spring
and solenoid, is presented in figure 3,. This tit consists of a Pneu-
matic ram which is controlled by the solenoid valve. The servomotor is
coupled to the yaw camard surfaces and feedback potentiometer through a
connecting rod-bellcrank linkage. Some of the significant servomotor
physical characteristicsare given in tible 1.

The servo as ilhstrated schematicallyby the mechanical components
(solenoid,slide valve, spring, and piston) in figure 2 does not contain
position feedback; therefore it has low frequency integrating character-
istics. An electropneumatic servo of this type, however, is not an ideal

.
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integrator and it is difficult to control the rate of integration. The
addi~ion of a derivative feedback network consisting of the RC circuit
shown in’figure 2 was found to yield fairly smooth integrating servo
operating characteristics in the proper frequency band. This derivative
feedback circuit has a transfer function of the form:

Therefore the servo dynamics block of figure 1 represents the dynamics
of the electrapneumatic servo components cotiined with the additional
dynamics of the derivative feedback circuit ahduybe redrawn as:

5i

I I
8,

& Servo dynamics

bf

Derivative feedback dynamics I

The frequency response b/8i is not easy to measure directly due to the

integrating effect between 5 and bi. Therefore, in order to obtain

an approxktion of the servo dynamics for preliminary stabili@ analysis,
the frequency response of the servo elements with uni~ position feedback
was first measured and is presented in figure 4. This closed loop fre-
quency response was then plotted on a Nichol’s chart (see ref. 4). The
open loop response of the servo obtained from this Nichol’s plot is an
approximate representation of the servo dynamics. The frequency
response 5/5i was then obtainedby a graphical combination of the

servo dynamics with the derivative feedback dynamics. The b/5i fre-

quency response plot tith T = 0.01 second is shown in figure 5. The
value of T = 0.01 second was chosen as a result of grap~cal stabili~
checks and subse~nt preflight simulation checks of the comple%e system.

Accelerometers.- A photograph of the Qpe of control system accel-
erometer used for the present flight test is shown in figure 6. This
instrument is a liquid-damped,pr&surized accelerometer-whichmeasures
linear acceleration by movement of a spring supported EELSS. The move-
ment of the mass varies the voltage ratio of a potentiometer in propor-
tion to the ap@lie& acceleration and the mass is supported so that the
instrument senses acceleration in both the positive and negative dfiec-.
tion. The amplitude responses of the nose and e.g. accelerometers for

— -— —.._— —
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inputs of *5g and *15g obtained from experimental frequency response
measurements are presented in figure 7.

Electronics.- The autopilot amplifier (see fig. 2) consists of three
stages made up of a two-stage DC summing amplifier working into a single-
stage DC power amplifier. The solenoid valve coil is the load of the
final stage. Excitation of the accelerometers, follow-up potentiometer,
plate voltage and command signal is furnishedby the same voltage regu-
lated battery power supply.

PREFLIGHT INVESTIGATION

Physical

The physical characteristics obtained for the acceleration con-
trol missile prior to the flight test are given h table 2. In connec-
tion with the location of the nose accelerometer, it is noted that the
5.5 foot lever arm between the nose accelerometer and the e.g. plqced
this instrument as far ahead of the e.g. as was physically possible.
Therefore the sensitivity of the accelerometer to the tangential com-
ponent of yaw angular
this airframe.

acceleration was as

Previous Analytical

high as couldbe attained with

Studies

The analytical results presented herein were obtained directly
from the re~ts of referenc~ 1 utuizing a combination of graphical
and superpositionprocedures. The results of reference 1 are based on
a system which differs somewhat from the system finally flight tested
because in the previous analytical work, the servo and integator ’were
assumed to be perfect and the dynamics of a rate ~oscope was included
in the inner feedback loop. An approximation of the anticipated flight
test response is obtained from the data of reference 1 even with these
differences, since the oscillating frequency is ~inly dependent on the
airframe dynamics and the desired damping is obtained in either case by
adjustment of the rate feedback loop @n.

The blocks lsbeled airframe dynamics in figures 1 and 2 represent
the airframe transfer functions obtained from the solution of the
standard two-degree-of-freedomequations of motion (see ref. 1). For
the analytical results and for the prefli@t simulator predictions of
the flight-test response, these transfer functions are as follows:

$ 620D(D + 4.5)

5=D2+8D+690

—. .——_
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The

are

%. 4.35

‘= D(D + 4.5)if

numerical coefficients are those obtained with xsm = 0.29~ and.

based on sea-level flight conditions at M = 1..6 (see ref. I).
These conditions are assumed to approximate the average conditions for
the first complete pulsing cycle after ~el-boostir separation based
on previous flight-test experience.

Preflight Simulator

Freflight simulation tests of the system illustrated in figure 2
were accomplished through the use of DC computing amplifiers connected
to represent the transfer functions of the airframe and accelerometers.
Since the undamped natural frequency of the accelerometerswas very high
compared with the resonant frequency of the system, satisfactory simu-
lation of the accelerometers was obtained with simple gain expressions.
An additional linear potentiometer was linked to the servo shaft to pro-
vide a-voltage proportions: to 5 as the input to the simulator. The
simulator output was connected to the servo system in the same msmner
as the accelerometers would norma13y be. In the preflight simulation
problem the actual servo, autopilot amplifier, and input programer were
utilized in conibinationwith the.electronic analog of the airframe and
accelerometers. Through the use of the preflight simlator, the various
system gains were adjusted to obtati performance approxtitely equiva-
lent to the performance obtained analytically. The accelerometer sensi-
tivities to be used for the flight test were then calculated from the
simibator settings which yielded the required performance.

The preflight simulator was constructed to simulate a fixed set of
flight conditions, thereby inking it lightweight and portable. It was
therefore possible to take the shdator with the nmdel to the launching
site and to obtain a simulator check run before launching to insure that
the servo system was operating correctly.

A
figure

FLIGHT TEST

lbdel and Booster

photograph of the model and booster on the launcher is shown in
8. This conibinationhas been preciously used as the test vehicle

in other investigations. References 3 and 5, for example, give the results
of previous aerodynamic and roll control flight investigationsand con-
tain descriptions of the nmdel and booster aerodynamic configurations.

.- —. -- . . .—.._ —.—.- . u——______ ——— ——— .—.—— . - . .
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Flight Description

The model was launched at approximately 600 from the horizontal.
Radar was used to obtain the missile flight trajectory and a radiosonde
atmospheric calibrationwas obtained for use in data reduction.

Transverse acceleration was controlled through the action of the
vertical canard surfaces. The action of the control system was initi-
ated through step conm?andinput voltages dictated by a motor-driven-cam
programming detice.. The pulsing sequence of the programing device is
shown in figure 9. These programed inputs were actually being fedto
the control-systemprior to and durtig boosted flight with pneumatic
supply pressure available at the servo valve. It was necessary, how-
ever, to lock the canard control surface at zero degrees during boosted
flight for structural reasons. This control surface lock was scheduled
to release shortly after model-booster separation through the action of
an explosive charge

Automatfc roU.

triggered by a switch on the model tail cone.

Roll Control

stabilizationwas provided through the use of a WO
actuated control linked to wing tip ailerons in the vertical pl&. The
gyro actuated roll control system and the roll free coupltig between
model and booster have been previously flight tested”and are described
in references 3 and 5. The bank angle of the model during the flight
test was referenced to the Mmnching condition since the roll control
gyro was uncaged prior to launching with the roll control operating
during boosted flight. Figure 10 shows the time history of bank angle #
obtained during boosted flight and during the subsequent yaw acceleration
maneumrs.

INSTRUMENMTION

The model contained a ten-channel telemeter which transmitted
measurements of transverse acceleration at the e.g., transverse plus
tangential acceleration 5.5 feet ahead of the e.g., angle of sideslip,
yaw attitude angle, vertical canard position, servo valve position,
programed input sequence, aileron position, total head pressure and
normal acceleration. Amgle of sideslip was measured bya standard NACA
angle-of-sideslipvane. Yaw attitude measurements were obtained from
a calibrated dispkcement ~o. Although the yaw attitude gyro was
uncaged prior to launching, the data presented are referenced to model-
booster separation since the few degrees that the model yawed during
boosted flight are not relevant to the mibsequent yawing maneuvers.
Quantitativemeasurement of servo valve position was not attempted’
because of the extremely smaIl linear-displacementsinvolved. Total.

.

.

1
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pressure was measured by a standard
side of the model nose section.

. RESULTS AND

pressure probe extended from the

DISCUSSION

Analytical Results

The analytical results presented in figure U are based on responses
obtained from reference 1 for sea-level flight at M = 1.6.. The seqpence
of programmed inputs on which.figure 11 is based has previously been shown
in figure 9. The block diaq shown in the upper part of figure 11
includes the dynamics used for the previous analytical work. The flight
conditions on which the analytical predictioti are based were chosen
because the responses were readily availsble from reference 1 and these
conditions are fairly representative of the actual conditions shortly
after missile booster separation.

,

Preflight Simulator Results

The preflight simulator result obtained at the model launching site
prior to the actual flight test is shown in figure 12. The results pre-
sented in figure l$?are based on the same flight conditions as the pre-
vious analytical results (fig. 11). Although the canard control surfaces
were designed with the hinge line located so that the hinge moment would
be sma~ for flight at M = 1.6, it was decided that it was not entirely
negligible and a small spring load (6 in-lb/deg) was imposed on the con-
trol surfaces during the simulator tests.-

(
The gains q = 0.616 volt/g;

~ = 0.136 volt/g)used for the final simulator tests and subsequent
flight test were determined from previous system operational checks con-
ducted before the missile was delivered to the launching site. For these
operational checks, satisfactory operation of the system was considered
to be achieved when the gati adjustment yielded performance approxhately
equivalent to the performance obtatied analytically. The final run made
at the launching site and presented as figure 12 was made simply to con-
firm satisfactory control system operation prior to the flight test.

Figure 13 is a Nichols plot of the open loop frequency response %./~

of the system as represented in figure l(b). This plot is based on the “
graphical representation of the servo previously shown as figure 5 and on
flight conditions identical to those used for the previous analytical and
simulation results (figs. U and 12). The Nichols plot shown in figure 13
actually represents a confirmation of adequate system stabili~ with the
gains adjustedto the values & = 0.616 volt/g and ~ . ().136volt/g

as determined from the operational check out of the system.

— - ——-.——.. .—___ ___ —. —_______ ___
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Comparison Between Simulator and Analytical Results

Variation of rate feedback dynamics.- It has been previously men-
tioned that the dynamics of a rate ~oscope was included in the inner
feedback loop for the analytical results presented in figure 11, while
for figure 12 the dynamics of the accelerometer is represented>y a
simple gax expression. Since the amplitude response of the quadratic
function which represents the rate ~oscope dynamics is fkat for a fre-
quency range eqyal to approximately 3.5 times the airframe undamped
natural frequency, the rate ~oscope dynamics do not appreciably i@lu-
ence the responses shown in figure ll; and therefore a comparison between
figures U_ and 12 is not significantly affected by the variation in
representation of the rate gyToscope and accelerometer dynamics.

Variation of servo dynsmiCS.- In general a comparisonbetween the
responses shown in figures 11 and 12 indicates that the results obtained
with the preflight simulator are quite similar to the analytical results.
For example, the rise times of the acceleration responses are approxi-
mately comparable and only a little less initial overshoot is obtained
with the simulator. The main difference between figures I-1and 12, how-
ever, is the more oscillatory nature of the simulated transverse accel-
eration output response in approaching steady state. The differences
noted between the theoretical response and the simulator response may
be attributed mainly to servo dynamics and nonlinearities, since for the
previous analytical study an ideal servo and integrator are assumed; and
in the simulation problem, the actual physical servo system is utilized.
An examination of the control surface b response in figure 12 reveals
some of the effects of the nonlinearities in the actual electropneumatic
servo system. For example, a difference in the characteristicsof the
control surface motion can be noted between the responses for the posi-
tive and negative directions. Some static friction or sluggishness is
also apparent for small qnplitude control surface motion (note the
5. motion between 1.6 and 2.6 seconds). ‘I’hissluggishness causes a
noticeable decrease in the damping of the acceleration response.

Flight-Test Results

Transverse acceleration and b time histories.- The time histories
of the telemetered flight data obtained from the two transverse accel-
erometer records (e.g. and nose), control surface deflection ad quali-
tative servo valve motion records are shown in figure n(a). These time
histories include a complete pulsing cycle following booster separation,
and the conditions correspond closely to the flight conditions and pulsing
cycle used for the previous analytical and preflight simulator results.
The transverse acceleration responses shown for the first input pulse
(3.6 to 4.2 seconds) have larger amplitude oscillations than were
expected, and the initial overshoot of the at. response is almost as ~

- —..— . ..
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large as would be obtained in response to a step control surface deflec-
tion. An examination of the b response shown for the initial pulse in
figure lk(a) reveals that the control surface motion actually does not
deviate greatly from a square wave pattern. The initial rapid control
surface motion occurred because the tiput from the programmer pulsed
before the canard unlocking device released. Note that the servo valve
motion fiitiates at 3.6 seconds whereas the control surface motion does
not begtiuntil approx~tely 0.07 secondlater. The result shown in
figure lk(a) is a rapid snap of the control surface to more than 4“
before being retardedby the rate feedback signal through the nose accel-
erometer. ActwQly the flight record shows a high frequency oscillation
(about 45 cps) which accompanies the snapping action of the control sur-
face. Although these oscillationswere superimposed on the accelerometer
records for about 0.12 second, they were faired through for the presen-
tation in figure 14 since they were apparently forcedby the oscillating
control surface and are not relevant to the functioning of the accelera-
tion control system.

The flight-test responses shown for the second programed input
(4.2 to 5.2 seconds in fig. 14(a)) exhibit the effectiveness of the
rate-feedback signal in damping the airframe motion. A comparison with
the response for the previous pulse shows that the initial overshoot is
less and that the amplitudes of the steady state oscilhtions are con-
siderably reduced during the second pulse.

The flight-test responses shown between 5.2 and 6.2 seconds indi-
cate that the canard steadies out at 1° during the final pulse. This
control surface deflection results in a steady state value of at.

between 1.0 and 1.5g instead of the zero values predicted in figures U
and 12. The two main factors which contribute to the system not trimming
at a zero steady state value during the final pulse are: (1) the ina-
bility to achieve the exact electrical-~c~cal center unbalancing
the servo system prior to flight test and (2) although the results of
reference 1 showed that the steady state error, due to aerodynamic out-
of-trim moment, was theoretically zero for the acceleration control
system, out-of-trim moments may have a significant effect on the flight-
iest results, since a physical servo system is being dealt with which
could not be expected to integrate out the misalinement errors as per-
fectly as was implied by the preliminary analysis. The steady state
error obtained for the final pulse shown in the flight-test data is
noticeable, due to the nature of the programmed command inputs. How-
ever, in a homing application this magnitude of unbalance would probably
be inconsequentialbecause the input to the control system would be con-
tinuously dictatedby the guidance or seeker.

Discussion of P * time histories.- The time histories of ~
and ~ shown in figure lk(b) were obtained from telemetered flight data
and the time interval corresponds to the resrdts presented in figure lk(a).

—-——.- -., ..- ——. —— .—._—__ . .—___—-.—_ ._
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The summation of P + v is also shown in figure 14(b) since this qyan-
tity is a direct measure of the manner in which the yaw flight path angle
is changing and is of interest in connection with trajectory studies or
homing problems.

The preflight simulator was not constructed so that a direct compari-
son of the V or j3+ ~ time histories could be made since it was desir-
able to keep the portable electronic analog equipment at a minimum. The
yaw attitude V tW history shown h figure 14(b) may be compared with
the theoretical $ response shown in figure I-1. In partic~, during
the middle pulse, this comparison shows that the manner in which v
vszied with time during the fl-ighttest was fairly well predicted by
the previous analysis. The variations between theory and experiment
may be attributed minly to the difference in the characteristicsand
magnitude of the theoretical and physical control surface motion.

Comparison of Flight Test and Preflight Wmilator Results

Main variations.- The main Vartition between the simulator and flight
test res onses are readily apparent from a comparison of figures 12

?and 14(a . The low damping shown for the initial flight-test pulse and
the tialance in the flight data were discussed previously under the
head@g “Transverseacceleration and 8 time histories.” Aside from
these variations, there are other noticeable differences between the .
preflight simulator and the flight data which may be enumerated as
fOllows:

1. A comparison between the initial pulses shows the steady state b
. to be 3.8° for the simulator result compsred with 6° for the flight test,

while the steady state transverse accelerations are in approximate
agreement.

2. During the second pulse, the steady state 5 is 1.3° for the
s-tor and 2.6° for the flight test, while the steady state at. is

5g for the simulator compared with 7.4g for the flight test result.

3. The response to the second pulse shown for the flight data is
slower and better damped than the corresponding simulator response.

4. The b motion during the third flight-test pulse is smoother
than the b mtion for the third pulse shown in figure ~. This
smoothing out of the 6 motion under actual flight-test conditions
probably occurs because the servo static friction near zero deflection
is alleviated by small-amplitudehigh-frequency missile vibrations.

Reasons for variations between flight and preflight simulation
results.- Part of the variation in steady state values between flight

—. —..
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,
‘test and simulator test may be atiibuted to hinge moment. The hinge
moment effect, however, will be discussed in a sepsrate section. Aside
from the hinge moment effect and to a certain extent the previously dis-
cussed out-of-trim effect, some of the steady state variation noted may
be due to nonlinear aerodynamics. For example, using the flight-test
steady.state values given in the.previous section, it may be seen that
the steady state relation between ~. and b is approxihnately2.4 g/deg

for the first pulse and 2.8 g/deg for the second pulse whereas a linear
relation between these steady state values is obtained @th the preflight
sbulator.

The reduction in the amplitude of the steady state transverse accelera-
tion oscillations and the apparently f310wercontrol motion and .acceler*
tion response noted for the second f13@t-test pulse is probably due to
the combined effect of several contributing factors. The most significant
of these factors are itemized as fOllows: .

(1) The flight-test response obtained for the second pulse is influ-
enced by the end conditions of the first pulse.

(2) The atiframe as flight tested wa8 heavier and had correspondingly
more inertia than used for the simulated airframe analog.

(3) To a certain extent the variation of Mach nuniberand atmospheric
conditions would cause expected variations between flight data and pre-
flight simulation which could not be accounted for beforehand.

(4) Since the pneumatic servo system is not an irreversible system
(that is: it is possible for the hinge moment to partially overcome the
servo force), the effect of free-flo@Ang canards may influence the damping
in free flight. (Ref. 6 discusses the effects of free-floating canards.)

Figure 15 shows a calculated response which includes the ftist two
of these items and this response is compared with the response with zero
initial values of ~ and “~ at the start of the nmtion. The curve

shown for zero initial conditions actually reflects the conditions at
the beginning of the second p-e of the preflight simulator results shown
previously in figure I-2. The block diagrsm inset at the top of figure 19
i~ustrates the conditions assumed in obtaining the responses shown. The
servo is assmned to,be an ideal integrationwith a gain of Xl chosen to
approximate the servo response resented previously in figure 5. The

rairfrsme transfer functions ($ b and atofi) include the mass and inertia

values m.easured,fti tlisnmdel prior to the flight test. The initial values
of ~. and “&o;..yhlch approMmate the end conditions of the first flight-

iest pulse, were ob~ained graphically from the flight data. A comp=ison
of the responses in figure 15 reveals a decrease in the overshoots of the

-—. — .
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transient oscillations when the initial conditions are included in the
solution. Although the responses shown in figure 15 are somewhat slower
rising than the previous analytical responses (fig. 11), due to the
increased mass and inertia, they are still considerably faster than the
flight data; and certainly the presence of initial conditions does not
show much of an influence on the rise the. Item (4) of the previous
list, however, may have a large influence on the rise time obtained during
free flight and should not be overlooked as a possible cause of discrep-
ancies between the predicted and the actual fl@ht-test system behavior.

Effect of binge moment.- In the previous analytical study (ref. 1),
it was shown that the steady state eiror, due to out of trti or load &l.s-
turbance (for example, hinge moment), was theoretically zero for an accel-
eration control system with ai titegration in the forward loop. h other
words, regardless of the hinge moment, an input signal calliqg for l%
must produce a steady state acceleration of exactly 15g. For the physical
system, however, this was not the case as can be seen in figure 16. b
this figure the results of a pre3_iminn shulator study are presented
to show a comparison between the system response with a simulated hinge
moment of approximately 6 h-lb per deg 5 and’the system response for
identical con~tions except that the servo hinge moment is removed. The
variation between the load and no load cases of figure 16 inM.cate that
hinge moment is at least partially responsible for disagreement between
flight test and preflight simulation. The initial pulse of figure 16
shows that with the hinge moment removed, the steady state WO is

about 22g or an increase of 7g over the steady state value obtained with
the simulated load applied. The b responses shown for the initial
me on f-e 16 show an ticrease of almost @ when the external load
is removed. The increase in ~. and 5 steady state obtained tith

the hinge moment removed is indicative of the fact that the pneumatic
servo does not maintain a perfect integration in the forward control
loop. Actua13_y,‘theservo functions’somewhat like a torque servo (see
ref. 7), since the final control deflection is not only dependent on the
_tude of the comsmd bti is d-so a function of the balance of an
external spring (hinge moment) and an internal spring (sponginesswithin
the piston chamber, due to compressibilityand valve leakage). For large
control surface deflections, the servo is actually approaching a state
of force saturation. An additional servo nonki.nearityis apparent when
the ftist and second pulse of figure 16 are compared. This comparison
shows that the steady state 8 under loaded conditions is 2/3 of the
steady state b with no load for the first pulse; while for the second
pulse, the steady state b is decreased to less than ~ when the load
is applied. A correspondingvariation between the ~. responses for

the ftist and second pulse shown on figure 16 can be noted.

The results shown in figure 16 are significant in that they help to
point out the actual nonlinmmities present in the physical servo. How-
ever, regardless of these nonkbearities the flight data shown previously

!,

.

.— ———— .. . . ..—. —
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in figure 13 do stistantiatethat-the control system is capable of
functioning in a prescribed manner to change the missile acceleration
from one steady value to some other steady value. In a homing applica-
tion, when the input to control system is continuouslydictatedby the
seeker, the si@ficance of nonlinearities in the servo system will pro”D-
ably not be important as long as the missile responds to the seeker inputs
to turn in the directionof the target.

CONCLUDINGRIMARKS

The maneuvers obtained during flight confirm satisfactory control
system operation md it is significant that the system is applicable to
some present-day missiles which utilize linesr acceleration commands as
a means of rotating the flight path vector to reduce navigation errors;
The flight-test results also show that the method employed to obtain
yaw-rate feedback is effective in augmenting the damping of the aim?rsme
motion during an acceleration comsnd msmeuver.

The control elements used in this flight-test investigation are con-
sidered to be relatively simple and their physical arrangement is prob-
ably unique to the missile application. For example, the effect of
integration is obtained in the servo loop by the introduction of the
proper passive electrical network and this integrating servo is combined
with angular acceleration feedback to provide the equivalent of angulsr-
rate feedback damping without ushg a rate -scope.

A comparison of the preflight simulation results with the preliminary
-ic~ restits’shows favorable agreement except that the simulated
transverse acceleration transient response is more oscillatory in
approaching steady state. This result was attributed to variations
between the physical servo and its ideal representation as used for the
prelimirmq smalysis. Several nonlinearities in the electropneumatic
servo system were evidenced by the simulation and flight-test results.
Coxrpsrisonsbetween flight data and pref~ght simulation results were
further complicate’dby airframe nonlinearities snd other variations
between the physical airframe and its electronic aualog. Nevertheless,
the flight data substantiate that the.control system is capable of
functioning in a prescribed msmner to change the missile acceleration
from one stesdy value to some other steady value.

Langley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,

Langley Field, Va., August 2, 1955.
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TAELEI

SERVOMOTOR PHYSICAL CHARACTERISTICS

Length of pidon stroke, in. .
Cylinder overall le@h, b. :
Effective piston srea, sq h.
Operating pressure, lb/sq in.
Weight, oz . . . . . . . . . .
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TA13LEII

ACCELERATION CONTROL MISSIWZ PHYSICAL CHARACTERISTICS

IZ, slu.g-ft2. . . . . . . . . . . . . . . . . . .

Iy, slug-ft2 . . . . . . . . . . . . . . . . . . .

IX, slu.g-ft2. . . . . . . . . . . . . . . . . . .

Center-of-gravity location, in. from station zero
Center-of-pressurelocation at M = 1.6, in. from
station zero. . . . . . . . . . . . . . . . .

Distancebetween nose accelerometer and c.g.j ft
Modelweight, lb. . . . . . . . . . . . . . . .
Overallmodel length, ti. . . . . . . . . . . .
I?uselagediameter, h. . . . . . . . . . . . .
Total wing area inoneplme, sqft . . . . . .
Z,ft . . . . . . . . . . . . . . . . . . . . .
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.
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.

.

.

.

.

.

0.42
1.75
0.34

150
14

41
41

1.2

73.8

79.8

5“5
190
130
8

4.1
1.776
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Figure l.- Functional diagrams of a transverse acceleration control
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“Q?.-

L-87k. 7
Figure 6.- ?Photograph of control system accelerome er.
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I (a) Nose accelerometer.

(b) Center-of-gravityaccelerometer.

Figure 7.- Nose and center-of-~avity accelerometer amplitude responses as
determined from laboratory measurement.
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flight data.
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Figure Il.- Theoretical prediction of the flight test responses to a
programed sequence of comand inputs equivalent to 15g, -5g, and
Og, respectively. These predictions are based on the analytical.
data presented in reference 1 for sea-level flight at M = 1.6
with Xsm = 0.2g&, and the rate gyroscape dynanics included in

the inner feedback loop is shown above.
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Figure 13. - Nichols chart showing frequency response correspondingto
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Figure 15. - Calculated responses to a command input callinn for a change
in at. from +15g to -7.5g showing the difference between the response

.
including initial values of At. = -50g/sec and Hto = 590g/sec2 and

the response for which these initial values are zero. The initial
values used in computing the solid curve approximate the conditions
existing at the start of the second flight test pulse.
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